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are listed in Ref. 5. The right-half of the laminate is discretized
by 1152 4CST (constant strain triangle) elements with 2393 node
points as a finite element model. Sufficiently finer meshes are used
in the vicinity of the hole. Uniform traction forces along the lower
edge of the plate are linearly increased up to the maximum average
stress ax = 75 MPa for 30 s. The interval of the time steps is 0.25 s,
and the number of subdivisions that are required for the numerical
integration of viscoplastic rate equations is 200 within each global
time step. Also, the error tolerance for convergence checking is fixed
at 0.02%.

To view the propagation of inelastic deformation in laminates,
maps of viscoplastic strain are drawn in Fig. Ib. One of the tensor
invariants is selected as a measure of viscoplastic deformation. The
plastic deformation spreads near the upper hole boundary in the
initial stage because the contact force is largest at that region. At the
subsequent time events, the portions that experience the inelastic
deformation are gradually widened in all plies. The values of the
plastic strain remain high on the hole boundaries in the 6 = 0
and 75 directions. Based on this information, it can be considered
that the bearing mode will dominate the failure mechanisms of this
composite structure with increased load conditions.

Distributions of the normal tractions in the radial and tangential
directions are plotted in Fig. 2. The graph of the contact traction
an shows that the contact area varies slightly, about 9 = 82 deg
when contact clearance is zero. Also the a$ variations of the vis-
coplastic analysis deviate from the elastic solutions in 0 = 0 ~ 15
range. Figure 3 plots the variations of total strains. The differences
between the elastic and elastoviscoplastic solutions are large at
9 — 0 and 75 deg, which illustrates that plastic flow in some part
of the composite will produce more intense deformations of the
structure.

Conclusions
An unmixing-mixing scheme is applied to describe the macro-

scopic viscoplastic behavior of composite materials. In computa-
tional aspects, the penalty finite element methods have provided
convenient analysis capabilites for the elastoviscoplastic response of
composite structures with complex geometry and boundary condi-
tion. The pin-jointed composite plate is solved as a numerical exam-
ple to illustrate the basic characteristics of the proposed constitutive
theory and the analysis capabilities of the numerical methods. The
results have shown the propagations of inelastic deformation, the
stress distributions in the plies, and the effects of viscoplastic phe-
nomena that are different from the pure elastic cases. Research work,
in which a failure criterion consistent with the unmixing-mixing
scheme is included for finite element analysis, is in progress and
will be reported on in a subsequent paper.
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I. Introduction

PANEL flutter is a self-excited oscillating phenomenon and in-
volves interactions among elastic, inertia, and aerodynamic

forces. Many researchers have studied panel flutter problems for
isotropic and anisotropic panels. Dowell1 gave a comprehensive
overview of panel flutter. Applications of the finite element method
to linear flutter problems for isotropic panels have been presented
by many investigators.2'3 Recently, for high-performance and ad-
vanced aerospace structures, the use of laminated structural com-
ponents has considerably increased. Hence, various studies3"6 have
been performed for supersonic flutter analysis of anisotropic panels
by considering the effects of panel geometry, boundary conditions,
lamination scheme, flow directions, and thermal effects.

Also for high-performance applications, the weight saving is an
important consideration. It is often necessary to minimize the maxi-
mum deflection of skin panel without introducing any considerable
weight penalty. This can be achieved by adding stiffeners to the skin
panel. Many studies are available on vibration analysis of isotropic
panels. However, studies on the vibration and flutter analysis of
stiffened anisotropic panels are rare.

In the present study, flutter analysis of a stiffened panel has been
performed using the structural model7 proposed by the present au-
thors to study the vibrational characteristics of anisotropic plates
with stiffeners that are stacked vertically with respect to the skin
panel. This paper investigates the effects of the stiffener size and the
fiber orientation on the flutter boundaries.

II. Governing Equation for Flutter Analysis
A first-order shear-deformable plate model for skin panel and

a Timoshenko beam model for stiffeners are used in the finite el-
ement modeling of the stiffened anisotropic panel. The plate and
beam finite elements have nine and three nodal points, respectively.
The plate and beam elements are connected through the appropriate
kinematic relations between the skin panel and stiffener.7

The aerodynamic pressure exerted on deflected panel at a su-
personic speed can be obtained using linearized piston theory. The
aerodynamic stiffness and damping matrices in flutter calculations
can be derived using the virtual work done by the aerodynamic
forces. The resulting finite element equations can be obtained for
the entire system as follows4"6:

+ g[Ad][U] + ([K] + 0[Af]){U} = (D
where [M], [K], and [U] are the mass and stiffness matrices and
the displacement vector, respectively; [Aj\ and [Af] are the aero-
dynamic damping and stiffness matrices, respectively; and ft and g
are the aerodynamic pressure and damping parameter, respectively.
Assuming {U} = e^iU], and transforming Eq. (1) to the state-space
form, one can get the following equation:

[0] [M] [[M] [0]
~lra - = {0}

(2)
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When f> — 0, the problem is reduced to that of the free vibration in
vacuo. To save a tremendous amount of computational time in the
flutter calculation when ft is not zero, one can use the normal-mode
method. The flutter boundaries can be obtained using an adequate
number of normal modes. Generally, the system equation (2) in-
volves complex eigenvalues, and we can write a) = a>r + /&>/. The
flutter boundary is determined by the condition that the real part
of complex eigenvalue, cor, becomes positive and the amplitude of
motion increases exponentially with time. For the simple repre-
sentation, the useful nondimensional parameter6 is introduced as
ft* = pa*/D, where D = Ec3/I2(l - v2) for the isotropic case,
and D = E-^c? for the anisotropic case; here v is Poisson's ratio,
a the side length of the panel, c the thickness of the panel, and E
Young's modulus.

III. Results and Discussion
The model dimension and material properties are a/b = 1.0,

a/c = 150, h/c = 10.0, t/c = 2.0, E = 69 GPa, p = 2670 kg/m3,
and v = 0.3. The boundary conditions of the panel are clamped
at all edges. In the present analysis, 8 x 1 2 meshes and 25 modes
have been selected because they guaranteed a good convergence of
solutions from the convergence test.

First, we investigate how much a change of the material properties
of the stiffener affects the flutter boundary. In this case, the material
properties of the skin panel and the geometry of both skin panel and
stiffener are unchanged. As the density and stiffness of the stiffener
change gradually from lower to higher values, the flutter boundaries
change as shown in Fig. 1. The stiffener mass attached to the center of
the skin panel makes the critical dynamic pressure increase slightly.
The stiffness of the stiffener greatly affects the flutter boundary, as
shown in Fig. Ib. The flutter boundaries of the panels with a very
soft stiffener and with a very stiff stiffener asymptotically approach
those of the unstiffened panel and the unstiffened half panel, respec-
tively. However, the flutter dynamic pressure for the stiffener with
normal stiffness (E = 69 GPa) exceeds that of the unstiffened half
panel for the following reason. The aeroelastic stability of the panel
in a uniform airflow is governed by the relative spacing of its natu-
ral frequencies. The flutter occurs when two frequencies merge into
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Fig. 2 Effect of stiffener size on flutter boundaries: a) effect of height
change and b) effect of thickness change.
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Fig. 1 Effect of material properties of stiffener on flutter boundaries:
a) mass density and b) stiffness.

one. Two in vacuo frequencies corresponding to the flutter mode
in the unstiffened half panel are closer than in the panel with the
stiffener of normal stiffness (E = 69 GPa). Hence, the flutter for the
unstiffened half panel occurs at lower dynamic pressure than that
for the normally stiffened panel.

The effect of the stiffener size on the flutter boundary is next
investigated. Stiffened anisotropic T300/5208 graphite-epoxy lam-
inar plates are selected as examples. The material properties are
given as #1 = 138 GPa, E2 = 9.7 GPa, Gn = GB = 5.5 GPa,
G23 = 4.1 GPa, vn = 0.3, p = 1580 kg/m3, and ply thickness =
0.125 mm. The geometry of the skin panel is the same as before
(a/c = 150 and c = 1.0 mm), and only the stiffener size changes
in this case. The boundary conditions are all clamped at every edge.
The stacking sequence of the skin panel is [0/90]^, and that of the
stiffener is [0/90/OA • 790/0]. The lamination scheme of the stiff-
ener is that the 0- and 90-deg plies are alternately inserted in the
middle surface of the stiffener, preserving the symmetric stacking
sequence. Figure 2 shows the effect of the stiffener size on the flut-
ter boundary of the stiffened square panel. The type of flutter mode
changes according to the stiffener size of the stiffened panel. When
the height of the stiffener is very small, the flutter mode is type (i)
as shown in the inset of Fig. 2a. As the stiffener height increases,
the flutter mode changes from type (i) to type (ii) and type (iii). In
the flutter mode type (iii), the critical dynamic pressure decreases as
the stiffener height increases. The optimal size of the stiffener is the
value in which flutter mode type (ii) changes to the type (iii). Also,
we can see that if the weight of the two stiffeners is nearly identical,
the larger-thickness stiffener is better than the larger-height stiff-
ener. The reason may be that flutter mode type (ii) is influenced by
the rotary inertia of the stiffener, and the rotary inertia is influenced
mainly by the height of the stiffener.

The effect of fiber orientation angle of the anisotropic stiffener
on the flutter boundary is next investigated. The geometry of the
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Fig. 3 Effect of stacking sequence on flutter boundaries: a)
stiffened panel and b) [0/±0/90L stiffened panel.

stiffened panel is a/c = 200, t/c = 1.0, and h/c = 15. The
stacking sequence of the stiffener is identical with that of the skin
panel. Two kinds of stiffened panels are selected as examples; the
stacking sequence of the first panel is [±0]iv, and that of the second
is [0/±0/90],. Figure 3a shows that the critical dynamic pressure
is greatly influenced by the fiber orientation. As the fiber orienta-
tion angle 0 becomes perpendicular to the flow angle 0, the critical

dynamic pressure of the first stiffened panel decreases monotoni-
cally. However, for the second panel, as shown in Fig. 3b, the critical
dynamic pressure of the stiffened panel is nearly unchanged when
the fiber orientation angle is less than 45 deg. The critical dynamic
pressure of the stiffened panel becomes maximum near the fiber
orientation angle of 45 deg. When the angle becomes larger than
45 deg, the critical dynamic pressure decreases monotonically. From
this figure, one can conclude that the quasiisotropic lamination is a
desirable stacking sequence for the flutter characteristics.

IV. Conclusion
A supersonic panel flutter analysis of a stiffened laminated panel

has been carried out using linear piston theory with plate and beam
finite elements based on a shear-deformable plate and a Timo-
shenko beam theory. Numerical results are obtained for the stiffened
isotropic and anisotropic panels. This study is focused on the effects
of the stiffener size and the fiber orientation angle on the flutter
boundary. The following conclusions can be made.

There are three typical flutter modes according to the stiffener
size in the stiffened panel. As the stiffener size increases, the type
of the flutter mode changes from type (i) to type (ii), and from type
(ii) to type (iii). The optimal size of the stiffener is the value where
the flutter mode type (ii) changes to type (iii).

The present results show that the fiber orientation angle strongly
influences the flutter boundary of the stiffened panel. The quasi-
isotropic lamination is a desirable stacking sequence from the view-
point of flutter characteristics. This lamination scheme yields the
maximum value for the critical dynamic pressure.
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